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data indicate that the multipath effects from the SO truss segment
should not be of concern to the ISS GPS antenna performance.
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Introduction

T HE advantagesof using low-thrust electric propulsion(EP) for
interplanetarymissions that requirea large energy changehave

been documented.1 Several studies have demonstrated the payload
enhancementsassociatedwith utilizing EP for transfers to the outer
planets. For example, previous mission studies include a manned
Mars mission2 and scienti� c missions to Jupiter, Uranus, Neptune,
and Pluto.3 4 In addition, the � rst New Millennium mission will
use solar electric propulsion (SEP) as the primary propulsion mode
for transferring a spacecraft to an asteroid.5 However, few mission
studies have investigated the use of EP for transfers to the inner
planets, and, to our knowledge, no research involving a low-thrust
rendezvous with Mercury using SEP has ever been published.

In this Note, the feasibilityof using SEP for a Mercury mission is
investigatedby computing the optimalorbit transfers that maximize
the spacecraft payload mass at Mercury rendezvous. The proposed
Mercury rendezvousis a Discovery-classmission that utilizesDelta
and Med-lite launch vehicles for injection into heliocentric space.
The EP system consists of 30-cm ion thrusters that are similar to the
proposed thrusters for the � rst New Millennium mission.5 For this
analysis, the orbit transfer is governed by two-body dynamics, and
a gravity assist from Venus is included to reduce further the orbital
energy enroute to the Mercury rendezvous. Numerical results are
presented for maximum payload trajectories.

Spacecraft System Analysis
The payload mass can be computed as the net mass mnet, which

is de� ned as

mnet m0 mprop m tank mpp (1)
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where m0 is the injected mass into heliocentric space, mprop is the
total SEP propellant mass, m tank is the tank mass, and mpp is the
SEP power- and propulsion-systemmass. The spacecraft’s net mass
represents the usable mass for payload plus the basic spacecraft
structural mass, which includes “housekeeping” functions such as
communication and thermal protection. The basic structural mass
can be computed2 as a percentage (5–10%) of the initial mass m0.
Injected mass m0 is computed via launch performance curves for
the Delta and Med-lite vehicles with launch energy C3 as the inde-
pendent variable. The tank mass m tank is assumed to be 15% of the
propellant mass mprop, and the power- and propulsion-systemmass
mpp is a function of the input power at 1 AU (P0) and speci� c mass
( ). The parameter is � xed at 35 kg/kW for this analysis, which
represents the near-term SEP technology level.6

It is assumed that xenon is utilized as the propellant for the EP
system and that thruster ef� ciency is 66% and speci� c impulse Isp

is 3360 s, which corresponds to the SEP system for the � rst New
Millenniummission.5 Furthermore, it is assumed that Isp is constant
over the entiremission,which implies a � xed engineoperatingpoint
with no throttling. For our preliminary analysis, the input power P
for the SEP spacecraft is assumed to behave in an inverse-square
relationwith radial distance from the sun. Because the orbit transfer
is to an inner planet, P increases as radial distance decreases. Fur-
thermore, we assume that power reaches a maximum value of 2P0

and that this maximum power level can be maintainedbycontrolling
the attitude of the solar arrays when the radial distance is less than
0.7071 AU.

Trajectory Optimization
The objective of the Mercury mission design is to maximize the

net mass of the spacecraft at Mercury rendezvous conditions. We
assume a � xed heliocentric trajectory sequence that begins with a
powered SEP arc near the Earth’s sphere of in� uence (SOI) after
chemical injection into heliocentric space followed by a coasting
phase that includes a Venus gravity assist and � nally a second pow-
ered SEP arc to Mercury rendezvous. The insertion into a parking
orbit about Mercury is not addressed in this study. The trajectory
design variables include the launch date, the hyperbolic velocity
vector at the SOI, the durations of the two powered arcs, the thrust
direction for the powered arcs, the changes in true longitude for the
coast arcs, the planetary � yby conditions, and the rendezvous date.
The trajectory is governed by the equations of motion for a thrust-
ing spacecraft in an inverse-squaregravitational � eld. The powered
arcs are numerically computed by integrating the equations of mo-
tion using a � xed-step, fourth-orderRunge–Kutta routine with 100
integration steps for the � rst powered arc and 500 steps for the sec-
ond arc. The coast arcs are computed analytically using two-body
mechanics. Planetary gravity assists are modeled as instantaneous
changes in velocity V without change in spacecraft position. The
gravity assist is de� ned by two free parameters: the periapsis radius
and orbit plane orientation for the � yby. Details of the numerical
simulation of the trajectory are presented in Ref. 7.

Numerical solutions of the trajectory optimization problem are
obtained by utilizing sequential quadratic programming (SQP), a
constrained parameter optimization method.8 The SQP code used
here is taken from Ref. 9 and computes the gradients with for-
ward � nite differences. The thrust steering history is de� ned by
three direction cosines, which are parameterized in the optimiza-
tion problem by linear interpolation through a set of control nodes.
Nine SQP equality constraints are imposed: Six constraints main-
tain the match between the orbital elements of the spacecraft and
Mercury at the � nal end time, and three constraints maintain the
match between the position of the spacecraft and Venus at the grav-
ity assist. The planetary elements are computed by a solar system
ephemeris.

Results
Maximum Payload Trajectories

Several trajectories maximizing mnet are obtained for a range of
input power levels P0, and the results are shown in Fig. 1. Although
the launch date is a free design variable,we chose a nominal launch
date in the mid-2002 time frame. Optimal transfers are obtained for
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Fig. 1 Maximum net mass and trip time vs SEP power at 1 AU.

three launch vehicles: Delta 7925, Delta 7325, and Med-lite. The
Delta 7325 can deliver roughly58% of the injectionmass of a Delta
7925 for the same C3, whereas the Med-lite performance is about
53% of that of the Delta 7925 for the same C3. Each data point
in Fig. 1 represents a trajectory solution that maximizes mnet for
a � xed P0 . Figure 1 demonstrates how optimal mnet dramatically
increases for the Delta 7925 as P0 is increased from 0.5 to 1.0 kW
and then remains between675 and 630 kg in the 1–4-kW range.The
optimal payloadcharacteristicsfor the other two launch vehiclesdo
not exhibit a dramatic variability, for P0 and mnet range from 362 to
297 kg for the Med-lite and from 410 to 346 kg for the Delta 7325.
Note that the optimal mnet is within 50 kg for the missions using the
Med-lite and Delta 7325 vehicles; this is because the launch energy
C3 is comparable for these two mission design sets, which results
in a 50-kg difference in injected mass m0 .

Note that the solutions presented in Fig. 1 are not minimum-
fuel solutions, nor is it desirable to obtain minimum-fuel solutions
because m0 is not � xed. If the EP propellantmass were minimized,
a large portion of the energy change would be performed by the
upper stage of the launch vehicle (that is, C3 would be large), so
that the remaining orbital transfer using the SEP stage would be
minimized. Therefore, because mnet is maximized, C3 is reduced
(which increases m0 ), so that the majority of the orbit transfer is
performed by the more ef� cient SEP stage. The optimal payload
solutions demonstrate that, as P0 is increased, m0 increases (C3

decreases) and mprop increases (which indicates that the SEP stage
is performing a greater percentage of the orbit transfer).

Figure 1 also presents the corresponding total trip time for the
mission as P0 changes.Total mission time exhibits a sharp decrease
with increasing P0 for all three launch vehicles.Figure 1 shows that
trip time is in excess of � ve years for P0 0 5 kW for all three
vehicles. This is due to the long-duration powered inward spiral to
Mercury’s orbit that follows the Venus gravity assist. As the power
level is increased, the inward spiral time is decreased, and therefore
total trip time is reduced.When P0 is less than 1 kW, the trip time is
greater than three years for the Med-lite and Delta 7325 missions,
and the trip time exceeds three years when P0 is less than 1.5 kW
for missions using the Delta 7925. These trip times are probablyex-
cessive for the Discovery mission time frame. Figure 1 also shows
that trip time levels off and mnet slightly decreases as power is in-
creased past 2 kW. Therefore, the best tradeoff between payload
performance and trip time occurs at P0 1 5 kW for missions using
the Med-lite and Delta 7325 and at P0 2 5 kW for missions using
the Delta 7925.

Thruster Lifetime Constraints
Anothermissiondesignconsiderationis thrusterlifetime.The ion

thrusters for this study are based on the EP system proposed for the
� rst New Millenniummissionand are able to eject a maximum mprop

of about 83 kg per thruster before grid erosion renders the thrusters
unusable. All optimal mission designs from the preceding section
(with the exception of the Med-lite mission with P0 0 5 kW)
exceeded a two-thruster propellant mass limit of 166 kg, and most

Table 1 Maximum net mass transfers with propellant constraints

P0, C3, m0 , m t f , mnet , Trip time,
Vehicle kW Launch date km2 /s2 kg kg kg yr

Med-litea 1.5 Sept. 1, 2002 8.1 579.6 413.6 336.2 2.02
Delta 7325a 1.5 Sept. 12, 2002 11.9 595.7 429.7 352.3 2.02
Delta 7925a 2.5 Oct. 22, 2002 44.4 521.6 355.6 243.2 1.62
Delta 7925b 2.5 Aug. 24, 2002 5.9 1138.6 806.6 669.3 2.10

aPropellant mass mprop 166 kg. bPropellant mass mprop 332 kg.

of the Delta 7925 missions exceededa four-thruster limit of 332 kg.
Therefore, an additional constraint requiring that mprop 166 kg
(and mprop 332 kg for the Delta 7925) was imposed on the max-
imum net mass problem. The maximum payload trajectories with
these propellant constraints are presented in Table 1. We present
only solutions for the missions that had previously demonstrated a
good tradeoff between payload performance and trip time. During
the optimization process, the initial SEP-powered arc was elimi-
nated, and C3 was subsequently increased so that the Venus � yby
was achieved. However, the Venus � yby remains signi� cant even
for the third case in Table 1; the Delta 7925 with the 166-kg propel-
lant constraint delivers a reduced payload of only 107 kg without
the Venus � yby. The thruster constraint reduces the payload mass
by 19 kg for the Med-lite, 50 kg for the Delta 7325, 432 kg for the
Delta 7925 with a two-thruster limit, and 6 kg for the Delta 7925
with a four-thruster limit.

The optimalSEP transferspresentedhere demonstratesigni� cant
improvements in payload mass and trip time when compared with
Mercury missions that utilize conventional chemical propulsion.
An optimal ballistic trajectory for the mid-2002 time frame was
computed using the MIDAS program, and the � nal spacecraftmass
at Mercury rendezvous is 210 kg for the Delta 7925 and 124 kg for
the Delta 7325. This optimal ballistic trajectory required a three-
year trip time with two Venus and two Mercury gravity assists.
The respective optimal SEP transfers (with propellant constraints)
triple the mass performance of the optimal ballistic transfers and
reduce the trip time by about a year.

Conclusions
Several maximum-payload Mercury rendezvous trajectories us-

ing SEP have been obtained. The tradeoffs between payload mass,
trip time, and input power were identi� ed. In addition, the effects
of thruster lifetime constraintson the mission performancewere in-
vestigated. These preliminary results show that an SEP spacecraft
with two ion thrusters is capable of deliveringa signi� cant payload
mass of about 336 kg to Mercury rendezvous conditions using a
Med-lite launch vehicle and 352 kg using a Delta 7325. The in-
put power is 1.5 kW, and trip time is two years for both cases. A
mission using a Delta 7925 can deliver a signi� cant payload mass
only with a spacecraftwith four ion thrusters; the resulting payload
mass for this case is 669 kg, and the trip time is about two years.
The optimal SEP transfers exhibit a 200% increase in mass perfor-
mance and a one-year trip time reduction when compared with an
optimal all-chemical ballistic transfer for the same launch vehicles.
Our preliminary results suggest that a Mercury mission utilizing an
SEP spacecraft and a small launch vehicle is feasible and therefore
is a potential candidate for a Discovery-classmission.
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Introduction

T HIS Note describes the design, development, and preliminary
testing of a reusable atomic oxygen (AO) sensor for use in low

Earth orbit (LEO). The most prevalent species in the Earth’s ther-
mosphere between the altitudes of approximately 150–650 km is
AO.1 The high orbital velocity of satellites in this region results in
large � uxes of high-energy ( 5-eV) atoms impinging on ram sur-
faces. The colliding oxygen atoms may simply scatter off, or they
may form excited species that produce a glow that can interfere
with the operationof optical systems.2 Last, AO may erode exposed
surface materials.3 AO erosion results in mass changes; frequently
other characteristics,such as the thermal radiative properties of ma-
terials, may also be changed.4 Thus, changes of satellite tempera-
ture, contamination due to polymer chain fragmentation, and loss
of power-generating capability may occur as a consequenceof AO
erosion.3 Clearly, there is a requirement to develop sensors that can
be used to characterize the AO environment that satellites experi-
ence.

Atomic Oxygen Measurement
Several techniquesfor measuring the AO environmenthave been

developed. In general, an ideal sensor would be lightweight, small,
accurate,and stable;would require low power; and would give time-
resolved measurements of the AO � ux. The simplest way of mea-
suring AO exposure is to use a witness sample of a material whose
erosion yield is well known. Although this method is lightweight,
it suffers from many disadvantages; it can only give an indication
of the total AO � uence and requires retrieval. Quartz crystal mi-
crobalances (QCMs) can provide a remote measurement of AO
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� ux,5 but their mass and power often make them unsuitable for
small satellites, especially for multiple sensor operations.6 Both
witness samples and QCMs suffer from inaccuracies in material
erosion yield values and from the fact that they can only be used
for one set of measurements. Mass spectrometers have been used
to characterize the ambient atmosphere and also AO/material reac-
tion products.7 8 Although they can give time-resolved readings of
many species, they tend to be heavy and bulky and require consid-
erable power, which often makes them unfeasible for microsatellite
missions.

Thin � lm resistance sensors (actinometers) can be used to de-
tect AO.9 The resistance of a thin conducting � lm depends on its
thickness and other dimensions. If such a � lm is reactive with AO,
surface erosion reduces the conductor thickness, thereby causing a
resistance increase.Films of silver havebeen used in this way; how-
ever, the AO � uence that can be measured by such � lms is restricted
by a diffusion-limited regime due to the presence of an insulating
oxide layer that forms on the conductor surface.10 Carbon, which
has volatile oxides (and thus does not suffer from the same problem
as silver), has also been used.11 Actinometers offer a simple, low-
power, lightweightmethod and havebeen adaptedfor microsatellite
use.6 12 However, these sensors can only be used once and as a result
of their low sensitivitycan only record the AO � uence.Thus it seems
that none of the sensors used to date satis� es the requirementsof an
ideal sensor.

Semiconducting Sensors
Semiconducting detectors (SCDs) have been used for gas detec-

tion since the discovery that the chemisorption of species onto the
surface of a semiconductor changes the electrical characteristicsof
that sample, particularlythe conductivity.13 If thin � lms of the semi-
conductor are used, the induced surface changes dominate the bulk
effects, and the detection of the surface conductivity is made easier.
Commonly, metal oxide semiconductors have been used because
the ionic structure of these materials means they have large band
gaps and therefore a low number of intrinsic charge carriers. The
majorityof chargecarriersare thereforeextrinsic,andso theconduc-
tivity of the semiconductorsample is highly sensitiveto any form of
doping.

One of the main bene� ts of semiconductor sensors (apart from
their lightweightandsmall size) is the ability to regeneratetheirpre-
exposure properties by heating, allowing the sensors to be reused
many times.14 Because resistance measurements are used as the
gauge of chemisorption and hence AO exposure, they, like acti-
nometers, require low power. However, unlike actinometers, SCDs
can have high sensitivities; for example, the sensitivity of zinc ox-
ide to AO has been found to be 109–1010 atoms cm 2 s 1 compared
with 1015 atoms cm 2 s 1 for silver � lms15 16 (based on the data
in Ref. 16 and the assumption that the pulsed AO source was run
at 3 Hz). Thus it would seem that a sensor based on semicon-
ducting metal oxides may satisfy most of the criteria of an ideal
sensor.

Such sensors have been adapted for pulsed-mode AO sensing in
the lower thermosphere on board a sounding rocket15 but, so far,
have not been used continuously in space. The remainder of this
Note will describe the development of a microsatellite experiment
based on SCDs.

Experimental Development
Laboratory testing in the pulsed laser AO facility at the Euro-

pean Space and Technology Centre shows that the resistances of
zinc oxide single crystals increase under the action of AO � ux.
The increase in resistance is brought about by the localization of
electrons from the conductionband by the adsorbed AO. The resis-
tance increase is also shown to be reversible.Figure 1 is a graph of
an exposure/regeneration cycle for a single crystal. It can be seen
that the rate of resistance change increases when the AO � ux was
switched on and stops increasing when the AO was switched off
and the regeneration commenced. The same � gure shows the tem-
perature of the crystal during exposure and the effect of heating
the crystal to 350 K: it is evident that, when the sensor reaches
the temperature recorded before AO exposure, the resistance of the


